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DESCRIPTION AND CALIBRATION OF THE LANGLEY 
6- BY 19 -INCH TRANSONIC TUNNEL 

** 

By Charles L. Ladson 
Langley Research Center 

SUMMARY 

The Langley 6- by 19-inch transonic tunnel was placed in operation in early 1971. 
This facility is a two-dimensional tunnel with top and bottom slotted walls which operates 
on direct blowdown from a supply of dry compressed air. The tunnel is capable of opera- 
tion at Mach numbers from 0.5 to 1.1 with a corresponding Reynolds number range of 
about 1.5 x 10® to 3.0 x 10® based on a 10.2-cm (4.0-in.) model chord. Tunnel-empty 
calibrations show the local Mach number distribution obtained from wall static pressures 
varies less than ±0.005 from the average value in the test region occupied by the model 
at all Mach numbers. As part of the tunnel calibration, typical surface oil flow photo- 
graphs, schlieren flow photographs, surface -pressure distributions, and integrated 
normal-force and pitching -moment coefficients have been obtained on an NACA 0012 air- 
foil section. The integrated pressure data obtained on the model have been compared 
with results from two other small transonic facilities and the results show that the 6- by 
19-inch transonic tunnel produces slightly higher normal-force coefficients and a negative 
increment in pitching moment. The pressure data show this results from the farther 
rearward location of the shock wave on the upper surface for the same Mach number and 
angle of attack. The data were also compared with results from two closed-throat tun- 
nels at Mach numbers up to 0.80 and show good agreement at low angles of attack up to 
M = 0.70 when the data from the slotted tunnel have been corrected for lift -interference 
effects. As would be expected, the theoretical corrections do not give good results when 
large areas of supercritical flow exist on the model. When lift -interference effects are 
included, good agreement between the data and two theoretical subcritical pressure dis- 
tributions is also shown. 


INTRODUCTION 

Two-dimensional airfoil data at subsonic and transonic speeds are vitally needed in 
the design of wing sections for military and civilian aircraft as well as propeller and 
rotor sections for V/STOL aircraft. By use of surface-pressure distributions, force and 
moment coefficients, and flow photographs the effects of variables such as thickness, 



thickness distribution, leading -edge radius, and camber may be studied independently. 
With the current interest in advanced transports and V/STOL configurations, the needs 
for this type of information from low subsonic to sonic speeds are evident. From the 
late 1950's to 1970 the only two-dimensional airfoil research conducted at Langley 
Research Center was the recent work on the supercritical wing section (refs. 1 to 4) in 
the Langley 8-foot transonic pressure tunnel. During this time period the small two- 
dimensional transonic tunnels which existed were dismantled or destroyed. 

To provide the capability for testing small two-dimensional models at transonic 
speeds, a design was begun in late 1968 to modify the existing 22 -inch transonic tunnel 
(a three-dimensional facility) to a 6- by 19-inch two-dimensional tunnel using as much 
of the existing hardware as possible. This modification was completed in 1970 and rou- 
tine testing in the facility began early in 1971. This facility, designated as the Langley 
6- by 19-inch transonic tunnel, is a two-dimensional, slotted-wall, vertical wind tunnel 
operating on direct blowdown from a tank farm of dry, compressed air. In its present 
configuration, this wind tunnel is capable of operation at Mach numbers from 0.5 to 
about 1.1. For this Mach number range the Reynolds number based on a 10.2-cm 
(4.0-in.) model chord varies from about 1.5 x 10® to 3.0 x 10®. 

The purpose of this paper is to present a description and calibration of the facility 
including its history. Test results, obtained for the NACA 0012 airfoil section at angles 
of attack up to 10°, are presented in the form of typical surface oil flow photographs, 
schlieren flow photographs, integrated normal-force and pitching -moment coefficients, 
and local surface -pressure distributions. The data for the NACA 0012 section are com- 
pared with results from other transonic facilities. Some effects of slotted-wall open- 
area ratio and wake survey rake (blockage) are also discussed. 

SYMBOLS 


Values are given in both SI and U.S. Customary Units. The measurements and 
calculations were made in U.S. Customary Units. 

c airfoil chord, 10.2 cm (4.0 in.) 

c, section lift coefficient 
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section, moment coefficient about quarter chord, 
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pressure coefficient, — 
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slot width (see fig. 4(c)), cm (in.) 

average test-section Mach number ^average of Mj from station -5.1 cm 
to 5.1 cm (-2.0 in. to 2.0 in.)) 


local Mach number 


test -chamber Mach number 

stream static pressure ^computed from M and p t ) 
local static pressure 

stream stagnation pressure, kN/m 2 (lb/in 2 ) 

stream dynamic pressure (computed from M and p), kN/m 2 (lb/in 2 ) 
Reynolds number based on model chord 
stagnation temperature, K (°R) 

longitudinal and vertical distances on airfoil and tunnel axes (origin at leading 
edge of chord line for airfoil or at center of window for tunnel), cm (in.) 

angle of attack, deg 

angle of attack corrected for lift interference, deg 


a open area ratio of slotted walls 

APPARATUS 
History of Facility 

The Langley 6- by 19-inch transonic tunnel (fig. 1) is a modification of the Langley 
24-inch high-speed tunnel (fig. 2) which was designed in 1933 and became operational 
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in 1934. Because the 24-inch high-speed tunnel operated on the induction principle with 
atmospheric air as the test medium, an enclosure, shown in figure 3, was added in 1949 
to recycle the air from the induction jet thus reducing humidity effects. To make the 
enclosure as small as possible (and increase the performance capability of the tunnel) 
the length of the diffuser was decreased by about 3.66 m (12 ft) at the same time (com- 
pare figs. 2 and 3). In 1952, the circular closed -throat test section was converted to a 
slotted octagonal section which measured 50.8 cm (20 in.) across the flats and called the 
22-inch transonic tunnel. A settling chamber and hydraulically operated, manually con- 
trolled air regulating valve were also added at this time to permit direct blowdown oper- 
ation on dry compressed air. In 1970 the octagonal test section was removed and the 6- 
by 19-inch transonic test section installed. Thus, the present facility uses a settling 
chamber, diffuser, test chamber, and air-control system from previous tunnels and is by 
no means an optimum design tunnel. 

General Description 

The Langley 6- by 19-inch transonic tunnel is a two-dimensional facility with solid 
parallel sidewalls and top and bottom slotted walls and operates on direct blowdown from 
a supply of dry compressed air. Photographs and drawings of the facility are presented 
in figures 1 and 4. The settling -chamber stagnation pressure is regulated by a manually 
controlled, hydraulically operated plug valve. The Mach number is controlled from 
about 0.5 to 1.15 by varying the stagnation pressure; hence, there is no independent con- 
trol of Reynolds number for this facility. 

Air enters the 1.63-m-diameter (64-in.) circular cross-section settling chamber 
radially through a manifold with 16 openings (fig. 4(a)), passes through a baffle plate of 
about 50 percent porosity and four fine mesh screens to reduce turbulence, and then 
enters a transition section to the 15. 2 -cm (6-in.) by 48.3-cm (19-in.) rectangular test 
section. The contraction ratio between the circular settling chamber and the rectangular 
test section is about 28:1. 

Details of the test section are shown in figure 4(b). The rectangular portion begins 
at station -127.3 cm (-50.1 in.) and ends at 51.1 cm (20.1 in.). Circular windows with a 
diameter of 22.9 cm (9 in.) are located in the sidewalls and provide for the model sup- 
port. The center of the windows are at tunnel station 0. The details of the top and bot- 
tom slotted walls are shown in figure 4(c). Four longitudinal slots are located in both of 
the 15.2-cm-wide (6-in.) walls and consist of three full slots and a half slot on each side 
of the wall (figs. 10)) and 4(c)). The slots begin at station -58.4 cm (-23 in.), have a 
linear divergence to station -27.9 cm (-11.0 in.), and a constant width to station 8.5 cm 
(3.33 in.). From this point, the slots again diverge linearly to a fully open condition at 
station 38.1 cm (15.0 in.). Three interchangeable sets of slots were constructed having 
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open area ratios of 0.040, 0.125, and 0.250. The top and bottom slotted walls are adjust- 
able so that their slope with respect to the tunnel axis may be changed. For these tests 
they were set parallel to the tunnel axis, as were the fixed solid sidewalls. 

Air which has passed through the slotted walls into the test chamber is returned 
to the airstream over reentrant flow fairings which begin at tunnel station 33.3 cm 
(13.1 in.). The minimum cross-section area in this mixing region is located at sta- 
tion 51.1 cm (20.1 in.) and is 20 percent larger than the test-section area to provide 
space for the low energy reentrant flow to return to the main airstream. From this 
point, the air enters abruptly into the existing conical diffuser of the 24 -inch high-speed 
tunnel which exhausts to atmosphere. Because of the sudden large increase in area, the 
diffuser is very inefficient and the test-chamber static pressure remains near atmo- 
spheric pressure throughout the Mach number range. Because the diffuser is inefficient, 
the rate of change of Mach number with stagnation pressure is low and, for this tunnel, 
the control of Mach number is enhanced. Typical plots of Reynolds number, stagnation 
pressure and temperature, and dynamic pressure for the tunnel empty with an open area 
ratio of 0.125 are presented in figure 5 as a function of Mach number. 

MODELS 

A typical model photograph is presented in figure 6. Two models are constructed 
for each airfoil shape: a solid model for schlieren flow photography and an instrumented 
model for surface-pressure distributions. The solid model is mounted in glass windows 
by means of dowel pins so that an unobstructed view of the flow field is obtained. The 
instrumented models are mounted in plexiglass windows. In general, 22 orifices are 
located on each surface in chordwise rows 12. 5 -percent span on either side of the mid- 
span. Slots are milled in the airfoil surface and tubes are placed in the slot and covered 
over with epoxy. The orifices are then drilled from the opposite side of the model so 
there are no surface irregularities near the orifice row. Typically, the orifices have a 
diameter of 0.0343 cm (0.0135 in.) (number 80 drill) and are located at 1.25-, 2.5-, 5.0- j 
7.5-, 10-, 15-, 20-, 25-, 30-, 35-, 40-, 45-, 50-, 55-, 60-, 65-, 70-, 75-, 80-, 85-, 90-, 
and 95-percent-chord stations. Models have been constructed of both brass and stainless 
steel but the steel models are preferred since better machining accuracy can be obtained 

and the surface is not as easily damaged as the brass. Construction accuracies of 
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2 x 10 chord or better are desirable for models of this size. 

Ordinates for the NACA 0012 airfoil section were obtained from the equations in 
reference 5 and are presented in table I. Also shown in the table are the ordinates mea- 
sured on the brass model after construction. The model had a 10.2 -cm (4.0-in.) chord 
and completely spanned the 15.2-cm (6-in.) width of the tunnel. 
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TESTS AND PROCEDURES 
Test Procedure 

All data were obtained by varying the stagnation pressure until the desired test- 
chamber Mach number was obtained. While the Mach number was held constant, the data 
were recorded and then the pressure varied until the next desired Mach number was 
obtained. The Mach number is displayed on the control console by use of an aircraft - 
type Mach meter. The settling -chamber pressure and the static pressure in the tunnel 
enclosure are used for the Mach indicator and are also recorded. From tunnel-empty 
calibration curves, the relationship between the average test-section Mach number and 
the indicated Mach number based on these two pressures can be determined. The Mach 
number range for this facility can be varied from about 0.5 to 1.15. The drag coefficient 
of airfoils is measured by means of a wake survey rake, shown in figure 7. About 70 
pitot pressure tubes are located on the rake. The survey rake extends about two model 
chords above and below the model and is located 1.25 chords downstream of the trailing 
edge. Schlieren flow photographs are usually obtained in separate tests with the model 
mounted in glass windows so that the entire flow field is visible. The flow -field photo- 
graphs are recorded on 35 -mm motion -picture film and frame rates of about 9, 18, and 
36 frames per second are available. A flashing mercury lamp synchronized with the 
camera and with an exposure time of about 4 microseconds is used as the light source. 
This system is described in detail in reference 6. Tests are usually made by varying 
the Mach number from about 1.1 to 0.6 continuously and recording the data on a 30.48-m 
(100-ft) roll of film. Individual frames or a sequence of frames (as shown in ref. 6) can 
then be selected to show the desired flow conditions. 

Tunnel Empty 

The Mach number distribution of the tunnel was determined from measurements 
of stagnation pressure and sidewall surface pressures. The stagnation pressure was 
obtained from a total head probe located in the settling chamber, whereas the surface 
pressures were obtained from flush sidewall static orifices. The sidewall orifices are 
located on the longitudinal center line along one side of the tunnel from the transition 
section, station -112 cm (-44 in.), to the diffuser, station 45.7 cm (18 in.). A vertical 
row of orifices is located at tunnel station 0. Solid metal plates were installed in the 
test-section windows and pressure orifices were located in these on both sides of the 
tunnel for symmetry checks. Tests were conducted at stagnation pressures correspond- 
ing to a range of Mach numbers from about 0.5 to 1.15 with the three different open-area- 
ratio walls and with the rake in place for the 0.125 open- area- ratio walls. Schlieren flow 
photographs were also obtained for the tunnel-empty condition. 
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NACA 0012 Airfoil 


For the tests with the NACA 0012 airfoil section installed in the tunnel, model sur- 
face pressures, schlieren flow photographs, and surface oil flow photographs were 
obtained. For the pressure tests, data were recorded at angles of attack from about 0° 
to 10° in 2° increments over the Mach number range from 0.5 to 1.15. Schlieren flow 
photographs were obtained only at angles of attack of 0°, 4°, and 8° over a Mach number 
range from about 0.7 to 1.1. 

DATA ACQUISITION AND REDUCTION 

All orifices, whether on the tunnel wall, model, or survey rake, are connected to 
electrical strain -gage -type pressure transducers. The output of the transducer is 
recorded on 2.54-cm (1-in.) 16-track magnetic tape in a digital format. The data 
acquisition system (fig. 8(a)) was capable of recording only 45 channels of data; thus, a 
bank of relays was used as a multiplexing device so that a maximum of 135 analog chan- 
nels could be recorded. The time to record all channels is less than 1 second. The 
output from the transducers can also be displayed in bar graph form on a cathode ray 
tube so that a real-time visual display of the trends of the data being recorded is avail- 
able. (See fig. 8(b).) After a series of tests are completed, the data are processed and 
reduced to coefficient form. The model surface pressures are integrated as a function 
of airfoil chord and thickness to provide the section normal -force, pitching -moment, and 
chord-force coefficients. The data recorded from the pitot pressure probes on the wake 
survey rake are also integrated to provide the section drag coefficient. 

ACCURACY 

All pressures on the tunnel sidewall and model surface were measured by strain- 
gage-type pressure transducers with a full-scale range of 206 kN/m^ absolute (30 psia). 
Repeat calibrations of these instruments have shown their output to be linear and repeat- 
able within ±0.25 percent of full-scale output and the hysteresis to be less than 0.10 per- 
cent of full scale. Repeatability of data during a given run is indicated by repeat data 
points at M ~ 0.5 for some of the data presented herein. The geometric angle of attack 
of the model is accurate to ±0.1°. 

PRESENTATION OF RESULTS 

The results of this investigation are presented in the form of basic data plots and 
flow photographs. The tunnel-empty calibration results are presented first and the 
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results for the NACA 0012 airfoil section calibration model presented next. An index to 
the figures follows: 

Figure 


Mach number distribution; a = 0.040 9 

Mach number distribution; a= 0.125 10, 11 

Mach number distribution; a = 0.250 12 

Mach number distribution; a= 0.125; rake installed 13 

Schlieren flow photographs for tunnel empty 14 

Surface oil flow photographs on NACA 0012 airfoil 15 

Effects of wall open area ratio on aerodynamic characteristics; NACA 0012 

airfoil 16 

Effects of wall open area ratio on pressure distributions; NACA 0012 airfoil . . 17 

Effects of wake survey rake on aerodynamic characteristics; NACA 0012 

airfoil 18 

Effects of wake survey rake on pressure distributions; NACA 0012 airfoil ... 19 

Schlieren flow photographs of NACA 0012 airfoil section . 20 

Comparison of aerodynamic data with that from other facilities 21 

Comparison of pressure distributions with that from other facilities 22 

Comparison of corrected data with closed-throat tunnel data 23 

Comparison of theoretical and experimental pressure distributions 24 


DISCUSSION 

Tunnel-Empty Calibration 

Mach number distributions .- Sidewall static-pressure measurements were made 
for the tunnel-empty condition to determine the Mach number distribution in both the 
streamwise and normal -to -stream directions. For all of these tests, the tunnel top and 
bottom slotted walls were set parallel to the airstream. Results of these tests are pre- 
sented in figures 9 to 12 as plots of local Mach number against tunnel station. Shown in 
these figures are the test-chamber Mach number M T £ and the average test-section 
Mach number M. The test -chamber Mach number is computed from the stagnation 
pressure and the static pressure in the housing around the tunnel. The average test- 
section Mach number is defined as the longitudinal average of the local Mach numbers 
measured within 1/2 model chord on either side of station 0. If M had been defined as 
the average of the local Mach numbers for 1 model chord on either side of station 0, the 
difference in average Mach numbers between test regions of 1 chord and 2 chords would 
be ±0.002 or less. For the open area ratio of 0.040 (see fig. 9) an increase in M^ 
above M is usually observed downstream of station 7 cm (3 in.) and is much more 
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pronounced beyond station 10 cm (3.97 in.) at the supersonic speeds. Because this 
occurs at the longitudinal station at which the slots begin to diverge, it is probably the 
result of a rapid expansion through the slots and could be eliminated by increasing the 
length of the constant -width portion of the slot. In contrast, the 0.250-open-area-ratio 
walls (see fig. 12) show an overexpansion at supersonic speeds which occurs between 
stations -40 cm (-16 in.) and -7 cm (-3 in.). This is probably caused by too large a 
divergence angle for the slots and could be alleviated by decreasing the divergence angle 
and changes in the length of the divergence section. For the 0.125-open-area-ratio 
walls (see figs. 10 and 11) any local Mach number is generally within ±0.005 of the aver- 
age Mach number for 1 model chord on either side and above or below tunnel station 0 
with no unusual gradients elsewhere. As a result, this slot configuration has been used 
for all data presented herein unless otherwise noted. 

Wake -rake blockage .- A wake survey rake for use in measuring the airfoil drag 
coefficient was installed for some of the tests. The results of the tunnel calibration with 
this rake in place are shown in figure 13. The rake was fabricated after the test section 
had been constructed and the lateral blockage is about 5 percent at tunnel center line 
with no sidewall relief, although some three-dimensional relief would be expected. The 
data indicate that over a large portion of the Mach number range tested, the rake caused 
blockage which produced a Mach number gradient through tunnel station 0. The maxi- 
mum Mach number reached at the station of the rake leading edge, 18 cm (7 in.), was 
only 0.9 but the flow accelerates past the rake and indicated local Mach numbers higher 
than the average stream v valve were recorded downstream for some cases. Contouring 
of the sidewalls might provide some relief of the blockage problem which is due to the 
reduction in cross-sectional area of the stream in the region of the rake. (The maximum 
cross section of the rake is about 3.5 percent of the test-section area.) For the present 
rake geometry, it appears that data can be obtained only .at Mach numbers up to about 
0.90 if excessive Mach number gradients over the region occupied by the model are to 
be avoided. 

Flow-field disturbances .- Schlieren flow photographs were obtained for the tunnel 
empty both with and without the rake installed and typical pictures are presented in fig- 
ure 14. Without the rake (see fig. 14(a)) some slight random and very weak symmetrical 
disturbances are observed at Mach numbers below 1.0. For the supersonic speeds no 
disturbances are noted. With the rake installed a series of weak normal -to -stream dis- 
turbances are noted from M ~ 0.9 to 0.98. At M = 1.0 these disturbances form a fairly 
strong normal shock wave that moves downstream as the Mach number is increased fur- 
ther. The sidewall Mach number distribution (see fig. 13) shows a gradient along the 
tunnel wall and not a jump as would be expected for a normal shock wave. This is the 
result of interaction between the shock wave and the tunnel sidewall boundary layer. 
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Results From 6- by 19-Inch Transonic Tunnel 
for NACA 0012 Airfoil 

Surface flow distortions . - To examine the two -dimensionality of the flow over the 
model, surface oil flow photographs were obtained over the NACA 0012 airfoil sections. 
Rows of small dots of a mixture of lampblack and SAE 30 oil were placed on the model 
before it was inserted into the tunnel. The tunnel was started and the speed increased to 
the desired value and held constant for 10 to 20 seconds. After a rapid tunnel shutdown 
the model was removed and photographed. Since the flow pattern begins to form as soon 
as the airflow is started, useful results could not be obtained at speeds higher than 
M a 0.65. 

The results obtained at M = 0.50 and M = 0.65 are presented in figure 15. At 
M = 0.50 (see fig. 15(a)), the photograph for a = 8° shows that the flow is two- 
dimensional with only a slight inflow noted near the wall. As the angle of attack is 
increased to 10°, reverse flow is noted along the center line and a weak three-dimensional 
flow field is beginning to form on either side of the center line. As the angle of attack is 
increased to 12°, the unsymmetrical three-dimensional flow field is fully formed and 
reverse flow is observed along the midspan of the airfoil. Similar effects are noted at 
M = 0.65 (see fig. 15(b)) but at lower angles of attack. As shown by data presented later 
(fig. 23), the angles of attack at which the three-dimensional effects are noted are essen- 

v 

tially that for maximum normal -force coefficient. Thus, when maximum normal force is 
reached and the upper-surface flow separates, three-dimensional flow fields are observed 
in the separated region. Similar results have been observed in other facilities and some 
detailed results are presented in reference 7. 

It is also noted in figure 15 that there is little inflow indicated on the model surface 
at the tunnel wall boundary. Thus, from the data presented herein, it cannot be concluded 
that wall boundary-layer treatment (suction, blowing, etc.) would or would not delay sepa- 
tion or otherwise alter the flow over the airfoil to provide improved two -dimensionality 
of the flow. Some results of the wall treatment are also presented in reference 7. 

Wall boundary interference . - The NACA 0012 airfoil was tested with each of the 
three different open-area-ratio walls with which the tunnel had been calibrated. The 
purpose was to determine the effects of open area ratio on the data and to compare the 
results with the theoretical effects of wall interference. The normal -force and pitching- 
moment results are presented in figure 16 and selected pressure distributions are pre- 
sented in figure 17. 

References 8 and 9 present the theoretical lift-interference corrections for slotted 
tunnels as a function of the tunnel and slot geometry, open area ratio, and model chord. 
These references show that the effective angle of attack is reduced as the open area is 
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increased; therefore, and for the geometry of the 6- by 19-inch transonic tunnel with 
a 10.2-cm-chord (4.0-in.) model, the corrected angle of attack is as follows: 

a c = a - 2.16cj (a - 0.040) 

a c = a - 2.79cj (a =0.125) 

a? c = a - 2.88cj (a = 0.250) 

Based on these calculations, the data for the two larger open area ratios should be essen- 
tially the same, while the data for the smallest ratio should exhibit characteristics of a 
slightly higher angle of attack with the magnitude of the difference increasing with c^ 

(or angle of attack). The experimental results (see fig. 16(a)) show that, as the open 
area ratio is increased from 0.040 to 0.125, the normal -force coefficient decreases as 
indicated by theory. For Mach numbers of 0.90 and less and angles of attack below 6.5°, 
the magnitude of the decrease is about that indicated by theory. At the higher angles of 
attack and Mach numbers, the magnitudes are much greater than theory would predict. 
Increasing the open area ratio from 0.125 to 0.250 produces small effects on the normal 
force at the lower angles of attack and Mach numbers, but the effects are not always in 
the direction predicted by the theory. The pitching -moment data (see fig. 16(b)) show 
results similar to those observed for the normal force. 

Typical pressure distributions are shown in figure 17 for angles of attack of 4.5° 
and 10.5° at Mach numbers of 0.56 and 1.01. No consistent trend is noted at M = 0.56 
but an increase in surface pressure with decreasing open area ratio is noted at M = 1.01. 
This effect is noted on both surfaces of the airfoil at a = 4.5° (see fig. 17(a)) but is 
most pronounced on the lower surface at a = 10.5° (see fig. 17(b)). 

Although no conclusive determinations of lift interference or corrections to the 
data can be obtained from this limited investigation, it does show the magnitude of effects 
which can be expected from changes in open area. With the open area held constant for 
a series of airfoil tests the results should be valid for determining relative effects, 
although the absolute magnitude of any particular parameter will be subject to a 
correction. 

Wake-rake blockage .- As mentioned previously, installation of a wake survey rake 
in the tunnel with the 0,125-open-area-ratio walls produced blockage and resulted in a 
Mach number gradient around station 0 which was excessive at average stream Mach 
numbers above about 0.90. The NACA 0012 airfoil was tested with and without the survey 
rake in place to determine the effect of this rake blockage on the airfoil normal force, 
pitching moment, and surface-pressure distributions and the results are presented in fig- 
ures 18 and 19. The results show that there is little or no consistent effect of the rake 
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on normal force and pitching moment at Mach numbers of about 0.9 and below for angles 
of attack of 4° or less and for Mach numbers below about 0.7 at an angle of attack of 6°. 
Beyond these limits large differences are observed. The pressure distributions in fig- 
ure 19 show that at low speeds (M « 0.55) where the integrated forces agree, the local 
pressures also agree. At the higher speeds (M ~ 0.90) the differences noted are a result 
of a more forward location of the shock wave on the model with the rake in place. This 
more forward location of the shock is a result of a lower effective Mach number with the 
rake in place. Thus, the present rake configuration can only be used at Mach numbers 
below about 0.9 for angles of attack up to about 4°. 

Flow -field disturbances .- Schlieren flow photographs for the NACA 0012 airfoil at 
angles of attack of 0°, 4°, and 8° are presented in figure 20 for selected Mach numbers 
between 0.7 and 1.05. These are selected frames from 35-mm motion pictures which 
were taken at a speed of about 18 frames per second. No discussion of the flow photo- 
graphs will be made but the pictures are presented to show the flow pattern over the air- 
foil and indicate the capabilities of the 6- by 19-inch transonic tunnel. The scale and 
pointer in the photographs indicate the test Mach number. 

Comparison of Results From 6- by 19-Inch Transonic Tunnel 
With Other Experiments 

The integrated pressure data obtained on the NACA 0012 airfoil section in the 6- by 
19-inch transonic tunnel are compared with results from the Langley airfoil test appa- 
ratus (AT A) and the Langley 4- by 19 -inch semiopen tunnel taken from reference 10 and 
the results are shown in figure 21. Both of these facilities had 4- by 19-inch rectangular 
test sections, used 10. 2-cm-chord (4.0-in.) models, and were blowdown tunnels. The 
ATA had slotted walls similar to the present 6- by 19-inch tunnel whereas the semiopen 
tunnel had solid sidewalls but open boundaries on the top and bottom which were enclosed 
in a chamber with connecting ducts. The data shown from these tunnels are for the same 
constant stagnation pressure and the Reynolds number varied from about 1.7 x 10® (based 
on model chord) at M = 0.5 to 2.2 x 10® at M = 1.1. For the 6- by 19-inch tunnel the 
Reynolds number varies from about 1.5 x 10® to about 3.0 x 10® over the same Mach 
number range. 

The normal -force coefficient (see fig. 21(a)) obtained in the 6- by 19 -inch transonic 
tunnel shows good agreement with data from the other facilities at the low Mach numbers 
but is generally higher as the Mach number is increased, especially at the two highest 
angles of attack. However, the pitching moment (see fig. 21(b)) shows a negative incre- 
ment when compared to the data from the other facilities. Typical pressure distributions 
from the 6- by 19 -inch transonic tunnel and the ATA are presented in figure 22. The 
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data from the ATA are unpublished, but were obtained during the tests reported in ref- 
erence 10. The results show that the higher normal force and negative pitching-moment 
increment result from a more rearward shock -wave location on the airfoil in the 6- by 
19-inch transonic tunnel. Also, the data for the low angle of attack at the higher test 
Mach number presented show lower surface pressures near the trailing edge of both 
surfaces in the 6- by 19-inch transonic tunnel. The reasons for the difference in shock 
location cannot be positively identified, but are probably the results of difference in 
model aspect ratio, tunnel geometry, and longitudinal location of boundary -layer transi- 
tion on the model. The aspect ratio of the model (span/chord) was 1.0 for the ATA and 
1.5 for the 6- by 19-inch transonic tunnel. For the higher aspect ratio, the tunnel side- 
walls are farther removed from the chordwise orifice row and at the higher angles of 
attack, where wall effects would be expected to have more effect on the data, the flow 
over the center portion of the model might be less affected, thus yielding higher normal 
force (or less separation). The ratio of tunnel to plenum-chamber cross-section area 
for the two facilities is also quite different. This could lead to a different acoustic 
environment in the facilities which in turn could affect the location of boundary -layer 
transition. The transition location would also be subject to effects of differences in 
tunnel-air -turbulence levels and slight differences in model contour. Since the Reynolds 
number range of the two facilities is very close, it is not thought to be an influencing 
factor in the data. 

The data comparison shown in figure 21 was from slotted and semiopen test sec- 
tions and the theoretical corrections to angle of attack for lift interference in all three 
facilities were essentially the same. In figure 23 the data from the 6- by 19-inch tran- 
sonic tunnel are compared with results from two closed-throat tunnels at Mach numbers 
up to 0.80 taken from references 11 and 12. For closed-throat tunnels the correction 
for angle of attack due to lift interference is essentially zero. 

As expected, the uncorrected data from the 6- by 19 -inch transonic tunnel have a 
lower lift-curve slope at the lower Mach numbers but when the data are corrected for 
the lift interference (see section entitled "Wall boundary interference") the agreement 
between the slopes is good up to M = 0.70. However, this correction is only valid where 
there is no, or only small amounts of, supercritical flow over the airfoil and the results 
of figure 23 show the agreement of the data breaks down at decreasing angles of attack as 
the Mach number is increased. At M = 0.80, where the flow photographs show large 
regions of supercritical flow, the initial lift-curve slope shows agreement but at lifting 
conditions the uncorrected data show as good or even better agreement than the corrected 
data. This shows the expected limits of the theoretical interference corrections but still 
leaves unanswered the corrections for si otted-wall -tunnel data at high lift coefficients 
and high transonic Mach numbers. It should also be noted that the agreement between 
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the two closed -throat tunnels is not good at M = 0.80. Comparisons were not made at 
higher Mach numbers since sufficient data from closed -throat tunnels are unavailable 
due to the inherent tunnel choking conditions. 

Comparison of Results From 6- by 19-Inch Transonic 
Tunnel With Theory 

Two theoretical pressure distributions for inviscid potential flow for the NACA 0012 
airfoil in subcritical flow have been computed and the results published in reference 13. 
These have been compared with the results for the present tests in figure 24. For the 
lifting condition good agreement between theory and experiment exists when the angle of 
attack, corrected for lift interference, is the same as for the theoretical case. The peak 
pressure at the leading edge is slightly higher for the experimental data however. For 
the nonlifting case good agreement exists over the airfoil. 

CONCLUDING REMARKS 

The Langley 6- by 19-inch transonic tunnel was placed in operation in early 1971. 
This facility is a two-dimensional tunnel With top and bottom slotted walls which operates 
on direct blowdown from a supply of dry compressed air. The tunnel is capable of oper- 
ation at Mach numbers from 0.5 to 1.1 with a corresponding Reynolds number range of 
about 1.5 x 10 6 to 3.0 x 10 6 based on a 10.2-cm (4.0-in.) model chord. Tunnel-empty 
calibrations show the local Mach number distribution obtained from wall static pressures 
varies less than ±0.005 from the average value in the test region occupied by the model 
at all Mach numbers. As part of the tunnel calibration, typical surface oil flow photo- 
graphs, schlieren flow photographs, surface-pressure distributions, and integrated 
normal -force and pitching-moment coefficients have been obtained on an NACA 0012 air- 
foil section. The integrated pressure data obtained on the model have been compared 
with results from two other small transonic facilities and the results show that the 6- by 
19-inch transonic tunnel produces slightly higher normal -force coefficients and a negative 
increment in pitching moment. The pressure data show this results from the fact that the 
shock wave on the upper surface is located farther rearward for the same Mach number 
and angle of attack. The data were also compared with results from two closed-throat 
tunnels at Mach numbers up to 0.80 and show good agreement at low angles of attack up 
to a Mach number of 0.70 when the data from the slotted tunnel have been corrected for 
lift-interference effects. As would be expected, the theoretical corrections do not give 
good results when large areas of supercritical flow exist on the model. When lift- 
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interference effects are included, good agreement between the data and two theoretical 
subcritical pressure distributions is also shown. 

Langley Research Center, 

National Aeronautics and Space Administration, 

Hampton, Va., March 16, 1973. 
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(a) Exterior view. 


L-73-299 


Figure 1.- Photograph of the Langley 6- by 19 -inch transonic tunnel. 
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(b) Interior view. 


L-72-6127 


Figure 1.- Concluded. 
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(b) Cross-section drawing. 
Figure 2.- Concluded. 
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Figure 3.- Enclosure around Langley 24-inch 
high-speed tunnel. 
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(c) Details of slotted walls. 
Figure 4.- Concluded. 
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TYPICAL ORIFICE LOCATIONS 
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Figure 6.- Photograph of typical schlieren and pressure -distribution models. 

c = 10.2 cm (4.0 in.). 
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(a) Data acquisition system. 

Figure 8.- Photograph of control room of Langley 6- by 19 -inch 

transonic tunnel. 
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(b) Control console. 
Figure 8.- Concluded. 























Comparison of Mach number distribution on left- and right-hand walls of the 
6- by 19-inch transonic tunnel, tunnel empty, cr = 0.125. Flagged symbols 
ight-hand wall. 












Constant width 



Figure 13.- Mach number distribution in the Langley 6- by 19-inch transonic tunnel, with rake, a = 0.125 
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Figure 15.- Surface oil flow patterns on NACA 0012 airfoil section. 






Figure 15.- Concluded. 





Figure 16.- Effects of wall open area ratio on aerodynamic characteristics 

of the NACA 0012 airfoil section. 
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(b) Pitching -moment coefficient. 
Figure 16.- Concluded. 





(a) a = 4.5°. 

Figure 17.- Effects of wall open area ratio on pressure distributions 
over the NACA 0012 airfoil section. 
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(b) Pitching-moment coefficient. 
Figure 18.- Concluded. 
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NACA 0012 airfoil section. 
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Figure 20.- Continued. 
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Figure 20.- Continued. 
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Figure 20.- Continued. 










Figure 20.- Concluded. 












(a) Normal-force coefficient. 


Figure 21.- Comparison of aerodynamic characteristics of the NACA 0012 
airfoil section obtained in the 6- by 19-inch transonic tunnel with data 
from other facilities. 
















(a) a = 0°. 

Figure 22.- Comparison of surface-pressure distributions over the NACA 0012 airfoil 
section obtained in the 6- by 19-inch transonic tunnel with unpublished data from 
the Langley airfoil test apparatus. 
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(b) a = 2 . 
Figure 22.- Continued. 






























Figure 23.- Comparison of corrected and uncorrected normal-force coefficients for 
the NACA 0012 airfoil section from the 6- by 19-inch transonic tunnel with data 
from closed-throat tunnels. 
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Figure 24.- Comparison of surface-pressure distributions over the NACA 0012 
airfoil section from the 6- by 19 -inch transonic tunnel with theoretical values 
from reference 13. 
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